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Interplanetary CubeSat missions are currently becoming more popular, with a significant number of recently planned
missions. The context of this paper is a Mars mission, starting from a parking orbit around Earth: the adoption of a chemical
propulsion system for the Earth-Mars transfer phase is investigated, considering the recent technological developments

for CubeSats. A trade-off of propulsion system type and propellant results in the choice of a mono-propellant system
adopting the HAN-based propellant AFFM315E (ASCENT). The main challenge for the propulsion system is to fit inside a
CubeSat standardised volume, which can range up to 24 U, for which the implementation of a suitable COTS micro-pump is
considered. Finally, the complete architecture and design of the propulsion system is presented. This work demonstrates the
feasibility of adopting full chemical propulsion for an interplanetary CubeSat mission, with consequent advantages in terms
of transfer time and required power, at the cost of relatively small mass and volume left for the other subsystems. Even
better results can be expected for interplanetary missions requiring slightly lower AV budgets, such as Near Earth Objects

exploration or asteroid fly-by missions.

Keywords: CubeSat, Chemical Propulsion, Green Mono-propellant, Interplanetary Mission, Mars Exploration

1 INTRODUCTION

CubeSats applications are receiving growing interest from
universities, companies and space agencies for their high po-
tential of producing scientific data while being considerably
less expensive, both economically and in terms of develop-
ment time, when compared to bigger satellites. During the
contemporary era of “New-space”, CubeSats missions have
concentrated towards Low Earth Orbit (LEO) applications,
but CubeSat missions increasing the range of scientific results
that can be achieved with smaller satellites are being investi-
gated. The MarCO mission, developed by JPL and launched
in 2018, included two 6U CubeSats that performed a fly-by
near Mars in order to provide communication relay to the
descending InSight Mars [1]: up to now, it is the only inter-
planetary CubeSat mission ever launched. Another example
of a CubeSat mission that extends its horizon beyond Earth
applications adopting its own propulsion system, is LUMIO
(LUnar Meteoroid Impact) [2]: it comprises of a 12U Cube-
Sat equipped with an optical payload that will use its main
propulsion system to reach an Earth-Moon L2 halo orbit for
its operations, currently in development by an international
consortium led by Politecnico di Milano.

It is envisioned that in the future fast deep-space cruising

This paper was first presented at the 73rd International Astronautical
Congress (IAC), Paris, France, 18-22 September 2022.
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NOMENCLATURE & ABBREVIATIONS

[ Orbit semi-major axis

Orbit eccentricity

Orbit true anomaly
Gravitational parameter
Specific impulse
Volumetric specific impulse
Thruster burning time

Waiting time in between maneuvers

Delta-V
ADN......coovrrrs Ammonium DiNitramide
HAN. ..o HydroxylAmmonium Nitrate
AF-M315E........... Air Force Mono-propellant 315E

COTS.... ...Commercial Off-The-Shelf

...Green Propellant Infusion Mission

...Rocket Propulsion Analysis

...Sphere Of Influence

...Super Synchronous Geostationary Transfer Orbit
TRL ...ovvvrrrirs Technology Readiness Level

might be achievable by employing CubeSats that are able to
propel themselves with their own propulsion system, exiting
Earth’s sphere of influence and reaching other celestial ob-
jects. In order to do this, it is crucial to adopt a propulsion
system capable of providing high thrust levels to the space-
craft to start its interplanetary voyage: this will lead to lower
transfer times and will also reduce the impact of radiation
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onto the spacecraft caused by Van Allen belts crossings. Fol-
lowing this concept, the MARIO mission (Mars Atmospheric
Radiation Imaging Orbiter) proposes to adopt two separate
chemical and electric propulsion systems on-board of a 16U
CubeSat, achieving Earth escape and transfer to Mars, with
the objective of conducting thermal radiation imaging of the
thermal environment in the Mars upper atmosphere [3]. The
MARIO mission is taken as a baseline to analyse the feasibil-
ity of performing an interplanetary transfer between Earth
and Mars, achieving all orbital transfers by adopting a sin-
gle chemical propulsion system. This feasibility study has the
objective of gauging the improvements that chemical propul-
sion systems for CubeSats can provide to small satellite mis-
sion horizons.

2  MISSION CHARACTERISTICS AND REQUIREMENTS

An interplanetary mission from Earth to Mars is envisioned
to require a AV budget in the orders of km/s, which when
adopting a chemical propulsion system places a burden on
the amount of available mass and volume left to the rest of the
subsystems and payloads: for this reason, the CubeSat volume
units for the mission are allowed to be up to 24 U, composed
by two 12 U CubeSats stacked on top of each other.

21 Mission requirements

As a first stepping stone towards the definition of an Earth to
Mars mission, a set of preliminary mission requirements is
chosen. The starting orbit is the Super Synchronous Geosta-
tionary Transfer Orbit (SSGTO) taken as reference from the
MARIO mission, which is defined by Keplerian semi-ma-
jor axis and eccentricity: {a,e} = {51,526 km, 0.8705}. Falcon
9 rocket launched Thaicom 6 into this orbit in January 2014
[4]. From this parking orbit, the spacecraft shall perform or-
bit raising manoeuvres until it reaches a high specific energy
of the orbit that allows for an interplanetary transfer to Mars.
The first requirement, MISS-E01, is set based on the number of
orbit raising manoeuvres performed in the MARIO mission in
order to achieve Earth escape, minimizing the Van Allen belt
crossings [3]. The second requirement, MISS-E02, comes from
the preliminary mission analysis which is described in the next
section and sets a minimum value of orbit specific energy to
perform the interplanetary transfer. While at this stage of feasi-
bility study no actual payload has been defined, it is envisioned
that this mission could be adopted for optical payloads: this
would require close and frequent passages near the surface of

TABLE 1: Mission Requirements

Mars, requiring a minimum distance from the planet to gener-
ate scientific data. To constrain the final operational orbit, the
values of orbit eccentricity and periapsis height have been fixed
in MISS-MO01 and MISS-MO02. The complete set of mission re-
quirements is highlighted in Table 1.

2.2 Propulsion system requirements

The requirements that the chemical propulsion system shall
comply to are related to its performance levels and greenness.
The first parameter to be defined is the AV budget, leading to
requirement PROP-01, which will determine the amount of
propellant to be carried on board: an estimate of this value
can be obtained by the assumption of instantaneous manoeu-
vres, but a more precise estimation based on the limitations
of CubeSat propulsion system performance parameters is ob-
tained in the next chapter by means of analysis. An impor-
tant parameter to be defined is the thrust level, which is con-
strained to be at most double the maximum allowable level
for MARIO, since it is expected that a higher level of thrust is
needed from the chemical propulsion system to correctly per-
form the interplanetary transfer on its own: this determines
requirement PROP-02. The maximum continuous thrusting
time (or burn time, f;,,,) is fixed based on the same require-
ment from MARIO, minimizing gravity losses [3], for re-
quirement PROP-03. Finally, the adoption of non-toxic green
propellant is considered, leading to requirement PROP-04.
These considerations lead to the definition of four propulsion
system requirements, summarized in Table 2.

3 PRELIMINARY AV ANALYSIS

The estimation of AV highlighted in PROP-01 has been ob-
tained by using the patched-conics method applied to an
interplanetary Hohmann transfer between Earth and Mars.
Taking into consideration all mission and propulsion system
requirements, with other additional constraints described in
the following sections, the optimal value of AV budget that
satisfies the requirements, present in PROP-01, has been ob-
tained.

3.1 Interplanetary flight assumptions

The patched-conics method allows for an early estimate of
time and required AV needed for the three phases of the in-
terplanetary flight. The three phases are:

1. A first phase of manoeuvres performed around Earth,

1D Requirement

MISS-EO01 The number of orbit raising manoeuvres around Earth shall be at most 6

MISS-E02 The specific energy of the orbit before leaving Earth’s sphere of influence shall be at least 4.332 km?/s?
MISS-MO01 The final orbit eccentricity after stabilization shall be less than 0.92.

MISS-M02 The periapsis height of the Mars operational orbit shall be less than 2,000 km

TABLE 2: Propulsion Requirements

1D Requirement

PROP-01 The chemical propulsion system shall provide at leasta AV budget of 2,046.34 m/s

PROP-02 The maximum thrust level of the system shall be at most6 N

PROP-03 The maximum burn time ty,,» shall be at most 600 s for each time the propulsion system is activated
PROP-04 The propulsion system shall utilize non-toxic “green” propellant
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transforming the elliptic parking orbit into a hyperbolic
orbit. The final hyperbolic orbit shall be characterized
by an “infinite velocity” Vg that summed up with

the one of the Earth around the Sun, allows for an
Hohmann transfer between Earth and Mars.

2. 'The trajectory of the interplanetary flight around the
Sun is assumed to be an elliptic Hohmann transfer
between Earth and Mars, within the sphere of influence
of the Sun.

3. A final braking manoeuvre phase: once the Hohmann
transfer is completed, the spacecraft enters the sphere
of influence of Mars with relative velocity v,,, and
shall reduce its orbital velocity to change the shape of
its trajectory around Mars from a hyperbolic orbit to an
elliptic orbit.

Assuming circular and co-planar orbits of Earth and Mars
around the Sun, the values of specific orbit energy associated
with these infinite velocities are found in E_; = 4.332 km?/
s*and E, = 3.5057 km?/s?. If the value of specific orbit en-
ergy E_gis reached during the Earth escape phase, the in-
terplanetary transfer can be approximated with an Hohmann
transfer and the sphere of influence of Mars is reached with
a hyperbolic orbit characterized by the specific orbit energy
value of E_;,.

3.2 Earth escape strategy

The phase of Earth escape is obtained by sequentially per-

forming manoeuvres to raise the energy of the orbit, until

reaching the value of E_ 5. The spacecraft will experience two
phases of Earth escape:

1. Orbit raising, in which the energy of the orbit increases
after each manoeuvre but remains below 0, keeping the
orbit elliptical.

2. Hyperbolic phase, in which its trajectory has become
hyperbolic, but the thrusters still need to be activated
to increase the energy of the orbit up to the value of

E .

The trajectory of the spacecraft is simulated by solving the
orbital equation of motion of a two-body problem around
Earth, described by Equation (1):

2 HE
r

1

7+

3

3|~

-
7

The vector 7 represents the position of the spacecraft,
thrust is represented with the vector 7 and is assumed to be
aligned with the orbital velocity (when a manoeuvre is per-
formed) and m is the current spacecraft mass. During the first
phase of Earth escape, the manoeuvres are performed only
around the perigee of the orbit. The orbit true anomaly at
which each manoeuvre is started, is found through Equations
(2)-3):

. He  Tpurn
an_E eSlnEman,E = E 2 (2)

lte . (M)] 3)
1-e 2

By adopting Equations (2) and (3), an optimal value of true
anomaly 6,,,,  at which to start the manoeuvre is found for
each orbit raising, by means of the eccentric anomaly E,,, .
Thrust is applied symmetrically for half of the burn time du-

E,

m

Onan g = 2 arctan [

ration before the perigee and for the other half after the peri-
gee, minimizing gravity losses.

Once the orbit energy becomes positive and the trajec-
tory is hyperbolic, the second phase of Earth escape begins,
in which manoeuvres still need to be performed in order to
reach the adequate level of E_ ;. This is implemented by as-
suming that manoeuvres shall still last ty..,, with a waiting
time of Atyur = twurm €ach, until the orbit specific energy reaches
the value of E_g .

Two constraints have been imposed to the Earth escape
phase: the first one is related to the total time spent around
Earth with a closed orbit from the beginning of the Earth
escape phase, which has been limited to be below 1,000 h.
A longer residence time would mean that the spacecraft will
pass several times through the Van Allen belts, increasing the
risk of electronics malfunction due to high levels of ionizing
dose. The second constraint is related to the maximum dis-
tance from Earth, which is imposed to be lower than a factor
0.9 of the radius of Earth’s sphere of influence. The sphere of
influence concept is crucial in this simulation since it de-
fines the ideal volume in which the satellite motion can be
described as a two-body problem without the effect of addi-
tional celestial objects.

By varying the available thrust and burn time, the amount
of AV required can be estimated. Figure 1 shows the results
obtained for an initial spacecraft mass of 28 kg, with specific
impulse of 262.86 s: these values are obtained after the overall
optimization of the mission for the initial spacecraft mass and
propulsion system specific impulse. The thrust level has been
varied between 4 to 6 N, while the manoeuvre burn time #,,
is varied between 400 to 600 s for each case.

In blue, the combination of T-#y,, for which the require-
ment of specific orbit energy, or one of the imposed con-
straints, are not satisfied. The optimal value is found for
a thrust level of 6 N and single burn time of ty., = 465.3 s,
amounting to a AV budget for this phase of 903.68 m/s. Table
3 shows the complete set of results. Figure 2 shows the trajec-
tory followed by the spacecraft during the Earth escape phase.
The number of orbit-raising manoeuvres is 4; the number of
Van Allen Belt crossings amounts to 9.

Delta V required for Earth escape [m/s]
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Fig.1 AV budget for Earth escape phase.
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TABLE 3: Earth escape phase results

Property Value Unit
Initial spacecraft mass 28 kg
Thrust 6 N
Specific impulse 262.86 s
Manoeuvre burn time 465.3 S
Orbit raising manoeuvres 4 -
Manoeuvres along hyperbola 4 -
Total burn time 3,557.5 s
AV —Earth escape 903.68 m/s
Propellant mass used 8.2775 kg
Final mass at Earth escape 19.722 kg
Final specific orbit energy 4.3322 km?/s?
Time to reach Earth’s SOI 991 h
%x10° ] Earth escape trajectory
] o st s

y-position [km]
/
F &

x-position (km] x10°

Fig.2 Earth escape trajectory.

To stabilize around Mars, the spacecraft shall reduce its
orbital speed in order to change the shape of the hyperbolic
trajectory to an elliptical one. The spacecraft enters the sphere
of influence of Mars following an orbit characterized by a spe-
cific energy of E_ and, assuming an orbit periapsis of 5,000
km, with an initial hyperbolic orbit eccentricity of 1.8185. For
the braking phase, it is assumed that the spacecraft can use
the thrusters to propel itself in the opposite direction of its
orbital velocity. The trajectory of the spacecraft is simulated
by solving the two-body orbital equation of motion around
Mars, described by Equation (4):

2 Py -
7 —_—7

7+
5
7]

3|~

(4)

For the Mars stabilization phase, the thrust level is fixed at
6 N, the optimal value obtained from the Earth escape anal-
ysis: having the maximum available thrust provides higher
performances, thus the same thrust level is adopted for the
stabilization manoeuvres around Mars. In this phase, orbital
manoeuvres will last for #.., each, spaced in time by Aty =
tourm, similarly to the second phase of Earth escape. The varia-
bles considered for the optimization are two: the manoeuvre
burn time fy,, still limited to a maximum of 600 s, and the
true anomaly of the manoeuvre start 6,,,, 5. For this strate-

Delta v required for Mars stabilization [m/s]

600
500 I 2000
sco |
&7
- 540 - 1800
(]
g |
= so
.lg . 1600
@ 500 =
H
§ 480 5 ==
-]
= 460
440 1200
420
1000

250 260 270 280 230 300 310 320
True anomaly of manoeuvre start [deg]

Fig.3 AV budget for Mars stabilization.

«10* Mars stabilization trajectory
T ; d

y-position [km]

x-position [km]

Fig.4 Mars stabilization trajectory.

gy, a value for the true anomaly needs to be found in combi-
nation with burn time, obtaining an optimal start point and
timing for the braking strategy of the spacecraft around Mars
that minimizes the required AV. Figure 3 shows the results
obtained for an initial spacecraft mass of 28 kg, minus the
mass of propellant expelled in the Earth escape phase, with
specific impulse of 262.86 s. In red, the combination of 6,,,, »
— tum for which the mission requirements are not satisfied.
The optimal value is found for a manoeuvre burn time of ty,,
= 526.3 s and a true anomaly of manoeuvre start of 6,,,, » =
275.7°. The AV required for this phase is 956.61 m/s. Figure 4
shows the trajectory followed by the satellite when stabilizing
around Mars. Table 4 on the next page shows the complete set
of results for the Mars stabilization phase.

The AV budget of mission requirement PROP-01 is found
by summing up the AV budgets required for Earth escape and
Mars stabilization phases, accounting for a 10% margin: this
leads to a total AV budget for the mission of 2,046.34 m/s.

4  PROPULSION SYSTEM AND PROPELLANT TRADE-OFF

41 Propulsion system trade-off

Chemical propulsion systems exploit the chemical energy
stored in a propellant in order to generate thrust. There exist
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TABLE 4: Mars stabilization results

Property Value Unit
Initial spacecraft mass 19.7225 kg
Stabilization manoeuvres 5 -
Thrust 6 N
Specific impulse 262.86 s
Manoeuvre burn time tyum 526.3 s
Total burn time 2,627.1 s
;L:Z:Z:;—?ly of stabilization 975.7 deg
Final specific orbit energy -0.377 km?/s?
Final specific orbit eccentricity 0.9196 -
AV — Mars stabilization 956.61 m/s
Propellant mass used 6.1127 kg
Minimum distance from Mars 1,180.6 km
e I :

three main families of chemical propulsion systems: cold gas,
solid and liquid. For the context of this work, the cold gas
option is not analysed since it does not comply to the thrust
and specific impulse levels required for this CubeSat mission.
In the next sections, a trade-off between the chemical propul-
sion system kind to be adopted is performed, followed by the
choice of propellant that better meets the scope of this study.

4.1.1 Solid propulsion systems

Solid rocket motors are characterized by relatively low specif-
ic impulse values and very high thrust levels. Their low per-
formance in terms of specific impulse I, and the non-availa-
bility of start-stop capabilities does not make solid propulsion
systems a consistent choice for this application, in which each
propellant burn shall be precisely tuned for every manoeuvre.

4.1.2 Liquid propulsion systems

CubeSat liquid propulsion system, mainly including mono-
and bi- propellant systems depending on the number of
propellants adopted, are being highly researched by several
companies and institutions. For mono-propellant options,
the usage of hydrazine which has been the most historic mo-
no-propellant choice in space is seeing less interest due to its
high toxicity levels. More interest has grown towards green
propellants, needing fewer requirements for safety handling
and operation. There are two main propellant families that
are the most representative cases of green mono-propellant
options: they are either based on ADN (Ammonium dinitr-
amide) or HAN (Hydroxylammonium nitrate).

ADN propellant blends development has started at the
Swedish Defence Research Agency (FOI): the main propel-
lant blends are the FLP family, and LMP-103S. The FLP fam-
ily consists of FLP-103, FLP-105, FLP-106 and FLP-107 while
LMP-103S has been developed by Bradford ECAPS. Each of
these propellants blends ADN with water and either Meth-
anol or MMF (monomethyl-formamide). They can provide
theoretical specific impulse values of around 250 s, while
their density varies from 1,310 to 1,405 kg/m® [5], leading to
very high levels of volumetric specific impulse pI,, with re-

spect to previous alternatives such as hydrazine. The MARIO
mission proposed to choose FLP-106 for its mono-propellant
system [3].

Bradford ECAPS has developed a series of LMP103S based
thrusters named "HPGP”, which provide thrust levels from
0.1 N to 22 N, with specific impulse levels ranging from 196 s
to 255 s [6]. One of these thrusters has flight heritage, having
two thrusters adopted for the mission PRISMA [7][8].

The most mature HAN-based propellant blend is known as
AF-M315E (recently named ASCENT) which was invented
at the US Air Force Research Laboratory (AFRL) in 1998. It
can deliver around 50% higher volumetric specific impulse
than hydrazine, it poses no health hazard and offers perfor-
mances comparable to traditional bi-propellant systems [9].
Its theoretical specific impulse level is 266 s, while its density
is 1,470 kg/m?® [10]. State-of-the-art mono-propellant thrust-
ers that use HAN-blend propellants have a range of thrust
that mostly varies between 0.1 N to 1 N: Aerojet Rocketdyne
"MPS” thrusters adopting AF-M315E provide up to 230 s of
specific impulse and up to 1 N of thrust [11] , while BuseK’s
BGT-X5 provides 0.5 N of thrust [12]. The NASA Green Pro-
pulsion Infusion Mission (GPIM) employed a set of thrust-
ers also developed by Aerojet Rocketdyne named GR-1 using
AF-M315E, providing up to 1.4 N of thrust [13]. Another in-
teresting HAN-based mono-propellant is the SHP-163 which
has been developed by ISAS (Institute of Space and Astronau-
tical Science) and JAXA: it consists of a blend of HAN, meth-
anol, water and AN (ammonium nitrate) [14]. Compared to
the other green propellants listed, it shows the highest adiaba-
tic flame temperature level.

A bi-propellant liquid propulsion system adopts two dif-
ferent propellants, stored in their liquid phase, in order to
generate thrust. The two propellants, usually taking the parts
of oxidizer and fuel, are injected together in the combustion
chamber and by reacting with each other they generate very
high temperature levels, causing the reactant gases to be
highly accelerated in the nozzle in order to generate thrust.
System-wise, bi-propellant propulsion systems need to use at
least double of the amount of system tanks and feed lines,
since both the propellants need to be stored in their liquid
phase and at correct pressurization levels. The benefit of us-
ing a bi-propellant system is the higher I, that they provide
with respect to all the other chemical propulsion options. The
drawbacks come from the low maturity that such systems have
with respect to CubeSat applications, since they are the most
complex type of chemical propulsion system based on the
number of tanks, feeding lines and possibly pumps to be used,
taking up most of the allowable volume. The state-of-the-art
options found for bi-propellant systems adapted to CubeSats
are manufactured by AAC Clyde Space and Dawn Aerospace,
the PM200 [15], and Tethers Unlimited "HYDROS-M” and
"HYDROS-C” [16]. The PM200 adopts nitrous oxide and
propane, achieving a specific impulse of around 285 s, while
the HYDROS family utilizes electrolyzed liquid water, reach-
ing a specific impulse value of 310 s.

4.1.3 Propulsion system choice

To determine which kind of propulsion system better meets the
needs of this study, a high-level trade-off has been performed
between a solid, mono-propellant and bi-propellant system.
Four different high-level criteria have been considered: thrust
and specific impulse, the two parameters that have been con-

138 Vol 76 No.4 April 2023 JBIS



Enabling Interplanetary Exploration for CubeSats with a Fully Chemical Propulsion System

TABLE 5: High-level propulsion system trade-off

Criteria/choices Thrust Specific Impulse Complexity
Bad Bad Good Good
Solid _
(over 37 N) (<240s) simplest system 9
0K Good
Good ) )
Mono-propellant easier to manage with 6-9, with increasing
(0.1-22 N) (>2405s) :
single propellant trends
Bad
Good Good 0K
Bi-propellant most complicated
(0.5-1.2N) (>280s) <6

system

Meets requirement: 2 points

sidered in the trajectory analysis phase; they are the main per-
formance parameters of a propulsion system, and intrinsically
account for the time to reach the final destination, a key fac-
tor of the research. The third parameter is system complexity,
which considers the amount of components to be implemented
and the proneness to failure. The last parameter considered is
Technology Readiness Level (TRL), which takes into account
the heritage of the propulsion system choice. Other parameters
such as cost, volume, power and thermal management require-
ments have not been considered at this stage, being a high-level
trade-off for a feasibility study.

Each parameter is given a score from 0 to 2, from “not
meeting” requirement to “satisfying” requirement. The result
of the trade-oft is shown in Table 5 and scores 4 points for the
solid option, 6 for the mono-propellant and 5 for the bi-pro-
pellant. A sensitivity analysis is performed on the weight of
the “workable solution” between 0.5 and 1.5, while keeping
the other two weights at 0 and 2 respectively, and the trade-off
is still favourable to a mono-propellant system, proving the
robustness of the choice. Therefore, a mono-propellant sys-
tem design will be explored for the rest of the research.

4.2 Propellant option trade-off

The two main green propellant options available at this cur-
rent stage are either derived from ADN or HAN. These two
energetic ionic liquids (EIL) are salts characterized by high
internal nitrogen and oxygen contents, which make them
highly energetic. The rest of the section focuses on the de-
tailed description of the chemical composition of both the
available ADN- and HAN-type blends currently available or
in development for miniaturized propulsion systems.

4.2.1 ADN-based propellants

ADN stands for ammonium dinitramide and is a colourless
salt with high solubility in water. Its chemical formulation
is [NH4]*[N(NO,),]". Contrary to the HAN-counterparts,
ADN-based propellants can not only be ignited by adopting
a preheated catalytic bed but also by using thermal ignition,
either pyrotechnic or resistive, reducing the amount of power
needed to operate the thruster [17].

4.2.2 HAN-based propellants

HAN stands for hydroxylammonium nitrate, chemical com-

Workable solution: 1 point

Least preferable: 0 points

position [NH;+OH]J*[NOs], and is a salt of the nonstable
base hydroxylamine and nitric acid. Due to the polar char-
acter of the HAN molecule, the solubility in water or other
solvents is sufficient to form liquid propellants, making tech-
nical handling like pumping more feasible. The addition of
fuels and water gives the opportunity of changing the propel-
lants’ enthalpy, adiabatic combustion temperature and phys-
ical-chemical properties, just like for ADN-blends [18]. AF-
M315E (which stands for Air Force Mono-propellant 315E)
represents the state-of-the-art for HAN-based mono-propel-
lants: it has also been flown on the GPIM (Green Propellant
Infusion Mission) with thrusters developed by Aerojet Rock-
etdyne. It consists of a mixture of HAN, HEHN (hydroxyeth-
yl-hydrazinium nitrate) and water.

4.2.3 Propellant choice

All the propellant candidates show several improvements with
respect to the hydrazine option: density is considerably high-
er, as well as the specific impulse, which causes the volumet-
ric specific impulse to be even higher. Most importantly, the
acute toxicity value is considerably lower, which improves the
greenness of the propellant. The vapour pressure values are
similar, while the combustion temperatures are higher as pre-
dicted: ADN- and HAN-based propellants are very energetic
and therefore release much more enthalpy in the combustion
chamber, which translates into higher performance values,
at the cost of higher combustion temperatures. Nevertheless,
the values for specific and volumetric specific impulse are in-
creased, which means that performance and compactness can
be improved by adopting one of these propellant candidates
for an interplanetary Mars CubeSat mission.

Propellant physical and chemical parameters are found in
Table 6. Chemical compositions are found in [19]: adopting the
RPA (Rocket Propulsion Analysis) tool, together with equa-
tions from ideal rocket theory, the performance parameters are
simulated for a nozzle expansion ratio up to 200.

Thanks to the better performance in terms of both specific
impulse and lower volume requirement, the propellant choice
for this feasibility study is AF-M315E (ASCENT). Theoretical-
ly, it can provide an ideal specific impulse in vacuum of I, =
266 s (at a chamber pressure of 2 MPa and nozzle expansion
ratio of 50 [10]), with a density of 1,470 kg/m?, resulting in
the highest theoretical volumetric specific impulse between all
the candidates of pI,, = 391 kg*s/dm’ at the cost of a very high
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TABLE 6: Physical, performance and thermochemical properties of the propellant candidates”

Property [unit] SHP163 AF-M315E FLP-106 LMP-103S
Density [kg/dm?] 1.4114],1.411[36] | 1.47[10],1.5[14] 1.357[36],[38] | 1.238[39], 1.24[10]
Specific impulse [s] 276a [14],[35] 266b [10] | 255b [36], 261 b [40] 252b[19]
Volumetric specific impulse [kg/dm?] 386 [35] 390[14] 354[26] 312
Flame temperature [K] 2,401[14],2,373[35] 2,166 [14] 2,095 [36] 1,903 [19]
Freezing temperature [K] <-30[14], <-37[35] <-22[14] 0[40] -7140]
Dynamic viscosity @25°C [mPaes = ¢P] 11.9 [35] 25[41], 27 [42] 3.7[36][38] 3[39]
Vapour pressure [mbar] - 14110] <21[38] 136 [39]
Acute toxicity LDso oral, dermal [mg/kg] 300-2,000,>2,000[14] Moderate [10] 1270, - [40] 750-800, - [40]
Heritage RAPIS-11[14] GPIM [37] - PRISMA [8]

“Conditions for specific impulse estimation: a) Pc=0.7 MPa, A¢/A,=50, b) Pc =2 MPa, A./A. =50

flame temperature of 2,166 K. Considering a specific heat ratio
of 1.21 [20], a total combustion and nozzle efficiency of 0.9445
combined (obtained with the RPA tool) the real expected spe-
cific impulse level is 262.86 s, for an expansion ratio of 200.

5 PROPULSION SYSTEM DESIGN
5.1 Baseline thruster configuration

Looking at the state-of-the-art thrusters, Busek Inc. and
Aerojet Rocketdyne both employ AF-M315E as propellant:
the first has developed the BGT-X5, a class 0.5 N thruster,
while the latter has developed two different class thrusters of
1 and 22 N, respectively GR-1 and GR-22. The thrust level
of the propulsion system has been fixed at the value of 6 N,
obtained by mission analysis, therefore it is decided to design
the thruster based on the Aerojet Rocketdyne thruster GR-
1. A set of these thrusters adopting AF-M315E has already
been used for the GPIM mission for NASA [21]: each of these
thrusters has the capability of generating a thrust of 1 N nom-
inally, but this value can increase based on the higher the feed
pressure is, as can be noted from Table 7.

Given the requirement of a total thrust level of 6 N, it is
decided to adopt five thrusters in total: four at the corners
of a square and one positioned in the centre. Each thruster
will be sized to provide up to 1.2 N of thrust, to match the
requirement of 6 N.

As per the chamber pressure value, no data is available from
the GR-1 data sheet. Since the specific impulse value for the
AF-M315E propellant has been obtained by using ideal rocket
theory starting from the literature value of chamber pressure of
2 MPa, the same value shall be adopted for chamber design. To
be consistent with the current state-of-the-art thruster GR-1, a
feed pressure of 32 bar is adopted for the feed system design.

5.2 Pressurization system

The pressurization system choice is critical, since a high volume
of propellant needs to be carried on board. This means that
a blow-down system would not be preferable due to the high
amount of pressurant volume to be carried. The same applies
to a regulated pressure system in which a highly pressurized
gas needs to be used. Therefore, it is decided to provide the de-
sign feed pressure combining an initial smaller pressurization
of the tank, in blow-down mode, with the pressure differential
provided by a pump; an initial pressurization of the tank at 1.2

TABLE 7: Feed pressure - Thrust for GR-1 thruster [9]

Property Value Unit
Feed pressure 37.9-6.9 bar
Thrust 1.42-0.26 N

MPa is applied, while the pump will provide the pressure dif-
ferential to match the feed pressure. This component shall work
at different operating points throughout the mission, with the
most critical one being at the end of the mission when the pres-
surizing gas has expanded and the highest pressure differential
shall be delivered by the pump. The option of using a pump for
a CubeSat propulsion system is becoming more popular, as it
allows for higher feed pressure levels at the cost of additional
power, but with reduced volume impact since components are
becoming smaller and can fit inside a CubeSat. Recent propos-
als of this application to CubeSat missions are found in [22]
[23]. The component that better fits the needs of the propulsion
system requirement is found in [24]: it can provide up to 30.3
bars of pressure differential for a volumetric mass flow of 95
mL/min, coherently with the requirements of the propulsion
system at worst case. The expected power requirement is of 35
W at these conditions. The mass of the pump is 175 g, having a
total length of 99.2 mm and a diameter of 22 mm.

The tank has been sized to withstand a pressure of 1.75
MPa, with a margin on the design pressurization value. Dif-
ferent shapes have been investigated: a particular interest has
been put towards the option of adopting a prismatic shaped
tank, which would minimize the volume intake by using all
the available CubeSat section. This comes at the cost of very
high thickness levels to sustain the initial pressurization, lead-
ing up to a tank mass of over 20 kg, when adopting Ti-6Al-4V.
The choice of a cylindrical shaped tank with hemi-spherical
caps is still better in terms of mass, even if it occupies more
of the available volume of the 24U CubeSat. The latter is the
choice for the mission, made from Ti-6Al-4V. Tank design
details are presented in Table 8.

5.3 Chamber and thruster design
5.3.1 Catalyst bed
For the correct decomposition of a mono-propellant, a cata-

lyst bed is employed: typical catalyst beds can be either mon-
olithic or granulated, with the latter choice being the most
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TABLE 8: Tank, propellant and pressurant volume and mass

Property Value Unit
Propellant volume 10.433 dm?
Propellant density 1.47 kg/dm?®
Propellant mass 15.337 kg
Pressurant volume (GN,) 1.742 | dm?®
Pressurant density @298K 15.866 kg/m?
Pressurant mass 0.028 kg
PMD volume 0.564 | dm?®
Tank internal radius 98 mm
Tank thickness (circumference) 0.29 mm
Tank thickness (cap) 0.146 mm
Tank total height 486.47 mm
Tank density (Ti-6Al-4V) 4430 | kg/dm?®
Tank mass 0.31 kg

TABLE 9: Thruster and chamber dimensions and mass

Property Value Unit
Throat diameter 0.64 mm
Exit area ratio 200 -
Nozzle exit diameter 9.04 mm
Contraction ratio 96.63 -
Chamber diameter 6.285 mm
Characteristic length 1.5 m
Chamber volume 481.578 mm?
Contraction angle 30 deg
Chamber contraction length 4.889 mm
Total chamber length 18.6 mm
Nozzle expansion half angle 15 deg
Chamber + nozzle combined length 34.32 mm
Estimated single thruster mass 200 g
(without valves) [33]

common. To preliminary design the catalyst bed pellets in
dimensions, a model from Bey and Eigenberger [25], revised
n [26], has been adopted. It allows for an initial pellet di-
mension estimation with respect to total catalyst bed diam-
eter: a cylindrical pellet with small diameter would provide
low variations in catalyst bed void fraction, leading to correct
propellant reaction by not creating preferrable paths for the
propellant in the chamber. On the other hand, with smaller
pellet diameters the pressure drop along the catalyst bed in-
creases significantly. The suggested value for the bed-to-pellet
diameter ratio for this application is fixed at 7.

Based on state-of-the-art mono-propellant thruster employ-
ing hydrogen peroxide or hydrazine [27], a catalyst bed loading
factor of 20 kg/m?/s is chosen, obtaining the catalyst bed (and
chamber) diameter of 6.285 mm. The diameter and length of
the cylindrical shaped pellets for the catalyst bed are fixed to
0.8978 mm, using the bed-to-pellet diameter ratio of 7.

The catalyst bed material is chosen based on current re-
search: in recent years, several laboratory tests have been
performed in order to verify the capabilities of catalytic de-
composition of AF-M315E. The GPIM mission, adopting the
GR-1 thrusters on which this design is based off, adopted the
LCH-240 catalyst [28]. This catalyst composition from Aer-
ojet Rocketdyne, together with the models LCH-240(A) and
LCH-241, has proved to withstand the high temperatures of
AF-M315E decomposition and to satisfy of a total run time
of 11.5 hours total [29]. The GR-1 maximum continuous burn
time is of 20 minutes [30], on the same order of magnitude
of the 10 minutes burn time #,,, adopted in the preliminary
mission analysis, thus the same material is adopted for this
preliminary catalyst bed sizing. The LCH-240 catalyst is made
from cylindrical catalyst pellets of hafnium oxide with 5%
iridium: the granules range from values of 0.025 in (0.635
mm) up to 0.050 in (1.27 mm) [31]. These dimensions fit the
preliminary design dimensions of the catalyst pellets length
and diameter obtained by assuming a bed-to-pellet diameter
ratio of 7, therefore the composition of hafnium oxide with 5%
iridium is suggested as the pellet material. The GR-1 thruster
requires 10 W of catalyst bed preheat power due to the high
temperatures at which the AF-M315E starts the decomposi-
tion process: in latest researches, the development of a suc-

cessor of the GR-1 thruster named "GR-1A” has brought light
on the possibility of reducing this value by 30% [28], hence
requiring a preheat power of 7 W. The latter value will be used
for the preheat power requirement of the catalyst bed.

5.3.2 Thruster design

A chamber temperature of 2,166 K is very high compared to
other mono-propellant flame temperatures: the material em-
ployed for the chamber and thruster design is rhenium. It has
a density of 20,800 kg/m® and a yield strength of 290 MPa [32].
The throat area of the thruster is found with Equation (5):

VRT. 5)

IP,

4=

Fixing the contraction area ratio and half angle, as well as
the exit area ratio and expansion half angle, the geometry of
the thruster is constrained. Thruster design values, obtained
by catalyst bed design and thermo-chemical properties of
AF-M315E are shown in Table 9.

5.4 Propulsion system architecture and budgets

Given all the previous considerations, a schematic of the pro-
pulsion system architecture is shown in Figure 5.
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Fig.5 Propulsion system architecture.
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TABLE 10: Propulsion system mass

Component Material/Part Mass [g]
Tank Ti-6Al-4V 310
FlightWorks Inc. 2212-

Pump M04X01 175

Filter VACCO F1D1080702 25

Latch valve VACCO V8E1058001 160

Thruster valve (x5) VACCO V0D1089801 425

Tubing Swagelok SS-T4-S-065-6ME 100.7

Thrusters (x5) Rhenium 1,000

il s only considering main 2.195.7
components

Total ('Iry ma:]ss only considering main 2.305.49

(margined 5%) components

Pressurant mass GN, 28

Propellant mass AF-M315E (ASCENT) 15,337

Propulsion system i 17,670

wet mass

Mass budget Payload and subsystems 10,330

The main components that have been added are a fill-
and-drain valve for the tank, together with a pressure and a
temperature sensor. Before the pump, a latch valve has been
implemented; after the pump, a flowmeter, a pressure and a
temperature sensor have been added, in order to check the
operating point of the pump. Finally, the feeding lines are
split into five lines, each comprising of a thruster valve and
injector, leading the propellant inside the thrust chamber.

55 PROPULSION SYSTEM MASS, VOLUME AND POWER
BUDGET

The mass budget comprises all dry components, propellant
and pressurant: Table 10 presents the overall mass budget.
The dry mass is considered as the sum of all inert compo-
nents’ masses. A margin is added to the dry mass only, since

TABLE 11: Propulsion system peak power requirement

the propellant mass has already been increased when adding
a margin on the total AV budget of the mission. Propellant
and pressurant masses are added to obtain the propulsion sys-
tem wet mass, and the available mass budget for the mission
is obtained by considering an initial spacecraft mass of 28 kg:
this leaves 10.3 kg available for the rest of the subsystems and
payloads on-board.

Carrying a very high mass of propellant considerably lim-
its the availability of volume that can be reserved for the rest
of CubeSat subsystems and payloads. The total height of the
tank is 486 mm, occupying over 19 U of a 24 U CubeSat. Ac-
counting for the rest of the propulsion system feeding lines
and components, an additional 40 mm are needed, bringing
the total height of the propulsion system to 526 mm, occupy-
ing a volume of 21 U and leaving 3U for the other subsystems
and payloads. The CAD model representing the propulsion
system is highlighted in Appendix A.

The power budget is shown in Table 11, considering the
peak power required when thrusting, which comprises
the activation of the pump, latch valve and all five thruster
valves together. The catalyst bed heaters are active only before
thrusting and are not accounted in the peak power budget.

6 CONCLUSIONS

The amount of propellant required for a deep-space mission
to Mars highly constrains the volume and mass left available
for the other subsystems, due to the high AV requirement of
such a mission. Compared to electrical propulsion system,
the mass and volume occupied are much higher due to the
low specific impulse I, of chemical propellants when com-
pared to their electric counterparts. On the other hand, the
availability of high levels of thrust allows for the reduction
of travel time to 301.8 days, while it amounts to years when
looking at electric-propelled deep-space missions. The total
peak power budget of the system hereby presented amounts
to 83 W, lower than the 111 W budget for MARIO [34], even
though several feed system components and thrusters have
been included in the design. Due to volume limitations,
adopting a pump-fed system in order to reduce the impact
of pressurization increases the power burden on the system,
but leaves more flexibility for the allocation of the rest of the
subsystems and payload. The volume budget left considering
a 24U CubeSat is around 3U: if the components are arranged
more efficiently, it is believed that more volume budget can be
available to the rest of subsystems and payloads. Even better
results can be expected for interplanetary missions requiring
slightly lower AV budgets, such as Near Earth Objects explo-
ration or asteroid flyby missions.

Component Part Power [W]
Pump FlightWorks Inc. 2212-M04X01 35.12 (max)
Latch valve VACCO V8E1058001 28 (max)
Thruster valve (x5) VACCO V0D1089801 20 (max)
Catalyst bed heater (x5) assuming GR-1A configuration 35
Peak power when thrusting catalyst bed heaters are turned off when thrusting 83.12 (max)
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APPENDIX A - CAD MODEL

In this Appendix, images from the CAD model of the propulsion system are presented. The
images are to scale, including all components listed in Table 10.
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